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(VII)
UNITS

NOTE

In the present investigation the units used have all been in S.]
units, with the exception of thrust which had been quoted in Ibf
instead of KN, and the reason for that is the common use of

- Imperial units in Aero-engine industries.



NOTATI

N

(Vil)

NOMENCLATURE

aspect ratio of aerofoil

distance of point of maximum camber from blade
leading edge

maximum camber

blade chord

drag coefficient

annulus drag coefficient

profile drag coefficient
secondary drag coefficient

lift coefficient

specific heat at constant pressure
coefficients-see Table 3.2
coefficients-see Table 3.2

stage pressure rise

isentropic temperature rise

fuel flow, ratio of heat transfer to the fluid to the
work transfer from the fluid

fraction of split defined in section 4.2

acceleratio due to gravity, blade staggered spacing
fraction of the total frontal area defined in section 4.2
blade height, blade length

incidence = al1-f1

mechanical equivalent of heat

Mach number

polytropic index of non-adiabatic path,
a variable in deviation rule

'm dot' mass flow rate of air or gas

shaft rotational speed,

'N dot' rate of change of shaft rotational speed
polytropic index of expansion or compression, number
of blades

stagnation pressure

total pressure ratio over stage, pressure ratio

pressure ratio of the [.P compressor
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rate of heat transfer

compressor pressure ratio at surge, gas constant/
radius ,

space blading or pitch

pitch/chord ratio

stagnation temperature

isentropic temperature

stagnation temperature at stage inlet

inlet stagnation temperature of the |.P compressor
stagnation temperature leaving the |.P compressor
time, blade maximum thickness

maximum thickness to chord ratio of blade
tangential velocity

blade speed

fluid velocity, velocity

volume

work transfer

thrust

GREEK SYMBOL

© Mm 3 o=

e &

air angle

fluid inlet angle

fluid outlet angle

fluid vector mean angle

blade angle, air/gas angle

blade inlet angle

blade outlet angle

ratio of specific heat

deviation = a2-p2, tip clearances
efficiency

deflection = al-a2

flow coefficient (V,/u), slope of temperature-rise
coefficient curve
non-dimensional clearance (6/h)
mean total head pressure loss
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Q work done factor

€ temperature coefficient, stagger angle of the blade

p density

T time constant

v blade loading (ZCp AT/uz), stage pressure rise
coefficient= AP /(1/2)pu?

A variation

SUBSCRIPTS

a axial

act actual

ad adiabatic

air air

AMB ambient

b blade

bp by-pass

c compressor

cg core gas

chics characteristics

ENG engine

ht with heat transfer

g gas

H.P. high pressure

[ inner/ inlet/ increment

ISEN isentropic

[.P intermediate pressure

L.P. low pressure

nc critical

nm maximum

C.V. calorific value

(o] outer

p polytropic

Ref reference

S static

st stage

T turbine
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(X1)

at time, turbine

thermal

final

nominal

refers to the New Engine

refers to the Reference Engine
refers to 4-stage |.P compressor
refers to 3-stage |.P compressor

For station Numbering, see next page.
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STATION NUMBERING

1 entering the fan sections

13 by-pass duct

24 leaving the Inner fan and entering the I.P compressor

26 Ieaving the |.P compressor and entering the H.P
compressor

3 leaving the H.P compressor and entering the combustion
chamber

4 leaving the combustion chamber and entering the H.P
turbine

5 leaving the H.P turbine and entering the L.P turbine

6 leaving L.P turbine

7 at the mixer

8 leaving the final nozzle

See fig 13.



SUMMARY

Given the need of a higher thrust, with a higher overall
efficiency engine for civil aircraft, a method of designing a
derivative engine from an existing engine is investigated in the
present work.

The Rolls-Royce TAY MK670 civil aircraft engine is to be a
higher thrust derivative of the TAY MK610. The increased thrust is
to be achieved by increasing the flow and pressure ratio of the
two-spool compression system. The major modifications in the
derivative engine are a 4-stage Intermediate Pressure (l.P)
compressor instead of a 3-stage, and increased fan tip diameter.

The first step in the simulation has been the prediction of the
characteristics of the 4-stage [.P compressor, the characteristics
of the 3-stage |.P compressor already béing known.

The revised fan characteristics were then predicted. Finally,
these components characteristics were used to predict the
‘transient performahce of the new engine. The development of the
new fuel control schedules has been described.

The contents of this thesis are therefore as follows. There is
first a brief review of the history and background of gas turbines.
The main technicai reporting in the Thesis then begins.

Chapter | gives an introduction to gas turbines and the

prediction of transient performance. The prediction of the



characteristics of a multi-stage compressor is described in
chapter Il. The next chapter -describes the scaling of the
components for the TAY MK670 engine from the reference engine.
This is followed by a chapter presenting the steady-run.ning and
transient performance of the MK670.

Discussion of results of the MK670 Engine and comparison
between both of the Engines follows in Chapter V The principal
findings are that, for the derivative engine when the transient
fuel schedules are selected to give equivalent thrust responses to
the reference engine, then it is predicted that acceleration and
deceleration transients can be achieved without encoutering, or
approaching too closely to surge in the compressors. Indeed in the
most testing transient, which is the deceleration, the trajectory
movement in the IP compressor is less severe in the derivative
engine (MK 670) than in the original engine (MK 610).

Finally a conclusion and suggestions for further work are given

in the last two chapters.



AERO-GAS TURBINES : HISTORY AND BACKGROUND

There have been several distinct avenues of Aero-Engine
development but all have their origins in engineering ideas which
pre-date successful manned flight. The piston engine reigned
supreme until 1940's, when gas turbines began to take over. The
gas turbine will be discussed more fully below. The quest for still
higher speeds and altitudes brought an interest in the ramjet and
rocket but, in the event, their application was limited to missiles
and to vehicles designed to fly outside Earth's atmosphere.
Nevertheless, the process of engine development is continuous,
and smaller turbines are becoming acceptable, just as higher
speeds and altitudes may make ramjets more attractive.

. The reasons for the transition in the 1940's from the piston
plus propeller engine to gas turbine are now discussed. Even with
research and development, it was found that propellers would not
be suitable for very high speed aircraft, and also that piston
engines were getting more and more complicated. The answer was
to look for basically a different type of propulsion system that
was lighter and could run on less fuel consumption. Although ideas
for jet engines had been successful in the 18! century, practical
proposals began to be taken seriously only in 1930's. Much of the
practical inspiration came from two British Engineers,
Dr.A.A.Griffiths of the Royal Aircraft Establishment and Frank
Whittle a young R.A.F. officer. Griffith carried out both theoretical
and practical work beginning in 1926. This led to the running of an
axial compressor in 1936 and the involvement of the engineering
company METROPOLITAN-VICKERS in 1937. The first METRO-VICK

axial turbojet ran in 1940. Frank Whittle first suggested the use
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of jet propulsion for aircraft in 1929, and the first engine
designed by him was tested in 1937. ROLLS-ROYCE took up the
Whittle design, which used a double-sided centrifugal compressor,
and ran their first engine in 1942. The Germans also took an
interest in jet propulsion, and it was a Heinkel design, the HE 178,
which made the first flight of a true jet propelled aeroplane in
August 1939. Heinkel had helped young Pabst Von Ohain to run his
first centrifugal jet in 1937. At the same time JUNKERS had begun
work on axial design. |

The principle of the jet engine is very simple. Air is passed
through a compressor and is pressurised. Fuel is then added and
burnt in the combustion chamber, producing hot gas which flows
out through a turbine. The turbine extracts just enough energy to
power the compressor, to which it is attached by a shaft running
through the centre of the engine, the rest of the energy is used to
provide thrust by expanding the turbine exit gases at high velocity
through an open nozzle.

From the early days there have been two types of jet engines.
The first, favored by Whittle, uses a centrifugal compressor which
takes the air from the engines intake and compresses it by
spinning it outwards across both faces of a rapidly-rotating disc
finned on both sides. The second type compresses the air as it
moves along the length of the axial compressor (looking like a
series of fans mounted one behind the other). The axial compressor
is slimmer and can work at much higher pressure ratio, aiding fuel
economy. Gradually the use of the axial flow compressor
arrangement has become universal except in the smallest jet

engines used in general aviation.



Initially it was difficult to make the gas turbine efficient
enough to produce worthwhile power and thrust. It was also found
difficult to develop materials capable of standing up to the high
stress at high temperature. High temperature alloys and advanced
cooling techniques are the key to the gas turbine performance, and
they continue to be a major area of research.

Turboprop engines helped to overcome the high fuel consumption
of the early jets, but they did little to relieve the inherent
problems of the propeller. Whittle had taken out a number of
patents covering an adaptation of the pure jet principle, and his
company ran two engines driving fans at the end of the war.
However, it was not until the ROLLS-ROYCE Conway engine was
developed in late 1950's that the By-Pass principle was applied to
a production éngine. In this system, part of the air passing through
the compressor is ducted around the outside of the core engine and
either expelled through separate nozzles or re-introduced into the
exhaust duct. Designers found the arrangement better if the
compressor and turbine are each divided and connected to two
different concentric shafts. With this arrangement, a two spool
engines was created and the first few stages of low-pressure
compressor is driven by the last stages of the turbine, and the
high-pressure compressor is driven by a high pressure turbine.
This arrangement enabled the cycle compression ratio to be raised
from about 8/1 to 20/1 or higher, thus raising cycle efficiency.
This by-pass type of engine is commonly called a turbofan.

By the early 1960's designers proposed to take the By-Pass
technology further in the design of power plants. More efficient

and quieter engines were needed and that led to change in



geometry and configuration of the gas turbines with a much higher
by-pass ratio. Over several decades turbofan engine development
to meet these requirement has continued.

During the last decade significant research has been carried out
towards improving methods. The transient behaviour of aircraft
gas turbine is of great practical importance to manufacturers and
customers alike. Much more attention is given to the avoidance of
the surge in the compressors, particularly when the engine is at
the design stage. Simulation is widely used and plays an important
role in this development, in predicting both steady-state

performance of the engine and also its transient performance.



CHAPTERI1

GENERAL INTRODUCTION TO GAS TURBINES

1.1 INTRODUCTION

This chapter starts with the general introduction to the Gas
turbine, then it gives a discussion on the methods available in Gas
turbine transient modelling. It includes, a brief description of how
the prediction of transient performance has been developed. The
effects of heat transfer are also described, as are the efforts that
have been taken to incorporate these effects into computer models
simulating the transient as well as the steady-running performance
of Gas turbine.

The gas turbine provides a method of supplying mechanical
power from a thermal source. Simple open-cycle Gas turbines are
widely used in both industrial and naval applications. The major
atfractions are its lightness, low cost, and it requires no water.

In order to produce more power and efficiency, the design of gas
turbines has become more complex. The first necessary step was
the prediction of the performance in both steady-state and
transient condition. Mathematical models are required for this.

Two types of Gas turbines cycles are in use : Aircraft Gas
turbine cycles and Shaft power cycles. The second type includes all
kind of Gas turbines except the first type, and could all be

classified under the name of Industrial Gas turbines. The main



difference between the two is that in the former the useful power
output is produced wholly or in part as a result of expansion in a
propelling nozzle, wholly in turbojet and turbofan engines and
partly in turboprop engines. In the latter type the useful power
output is mechanical form, obtained by expansion in additional
turbine stages. The simplest arrangements for both types are
illustrated fig(1) and fig(2).

The Gas turbine cycles could further be divided into two type,
Open and Closed cycles.

First, Aircraft gas turbine use air drawn from the atmosphere as
the working gas, so the final constant pressure cooling occurs in
the atmosphere. This is the open cycle.

While the second reuses the original gas, either air or some
other gas, and it is recirculated thfough the machine. The cycle is
referred to as a closed cycle. The alternative closed cycle is shown

in fig(3).
1.2 PROPULSION FOR AIRCRAFT GAS TURBINES

Jet propulsioh is based on creating an unbalanced force by
exhausting gas at high velocity from the nozzle. This unbalanced
force is called thrust and it is used for jet propulsion which is
based on an open Brayton cycle. By contrast, in open Brayton cycle
for stationary power plant, the turbine produces power in excess of
the compressor requirements, the excess being available for
driving the load. In jet propulsion system, the turbine produces just
enough power to meet the needs of the compressor. The thrust is

obtained by partially expanding the high temperature, high pressure



combustion gases in the turbine. The gases are finally expanded in a
nozzle to produce high velocity gases. The velocity of the gases
exiting from the nozzle can be determined if the nozzle inlet and
outlet pressures and the inlet temperature are known. It is usually
assumed that the expansion in the nozzle is isentropic. Then the
thrust can be calculated by an application of the momentum
equation. The aim of the gas turbine is to produce thrust. That is
done by providing an increase in momentum to the air which is
flowing past the aircraft.

Assuming an observer on the aircraft, the air enters the intake
of the engine with a velocity V4 which is equal and in the opposite
direction to the speed of the aircraft, and leaves the engine with
velocity Vo.

Assuming the mass flow, m, is constant, then the thrust Xn is

the rate of change of momentum:

Xn=mV,-mV,

Xn=m(V,-V,) (1)
where:
mVo is the Gross momentum thrust.

mV4 is the Intake momentum drag.

All current gas turbine cycles operate on an open approximation
to the Brayton cycle fig(4). This cycle follows the constant
pressure cycle. Ideally working gas is compressed from point 1' to
point 2', heat is added to it at a constant pressure till it reaches
point 3' and is then expanded to point 4'. Finally, the gas is cooled

at constant pressure to initial temperature.
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In aircraft gas turbines, when the aircraft is moving part of the
compression is achieved in the intake to the engine by the ram
compression. So the pressure and temperature at inlet to the
engine, point 1A, are higher than the atmospheric values.

Due to the inefficiencies in the various components of the engine
the actual cycle (1-2-3-5) departs somewhat from the Brayton
cycle(1'-2'-3'-5") fig(4).

The fluid is compressed in the compressor of the engine from 1A
to 2 or from 1 to 2 if the aircraft is stationary. The point 1 is of
lower pressure due to losses at the intake. Then heat is added to
the working fluid from 2 to 3, with a loss in pressure due to
friction and losses associated with the combustion process. That
results in lowering slightly the turbine inlet pressure from ideal
point 3' compressor delivery pressure. Then gases are expanded to
point 5. The expansion from 3 to C is the work needed to drive the
compressor. This part of expansion occurs in the turbine(s). The
expansion then continues from C to 5 in the nozzle, which produces
the useful work output. In the ideal cycle the turbine and
compressor works balance exactly. However in the real cycle the
turbine work is larger to account for losses.

The useful work is in the form of an increase in Kinetic energy

of the working gas or air:

Increase in K.E. in unit time = 1/2r'nV22 - 1/2r’nV12 (2)

Thrust power is the product of the net thrust and the aircraft

speed:

10



Thrust power = mV_(V, - V1)

12
Now the propulsive efficiency is given by:

Thrustpower
usefulpropulsiveenergy + unused K. Eo fthejet

Propulsive efficiency =

mV,(V,-V,) _ 2
r'n[V1(V2-—V1)+(V2—V1)2/ 2] (V1Y) (3)

Np=

From equation (1) and (3), it is clear that:

a) Xn is maximum when V4=0, at static conditions, but Mp is then
nul;

b) n, is maximum when Vy/Vq=1 but then the thrust is nul.

For the gas turbine cycle itself:

rateofusefulworkoutput
rate ofconsumptionofthermalEnergy

Thermal Efficiency=

(11 2)my” - V°)
M, = f(c.v)

(4)

The overall efficiency is the ratio of thrust power to the rate of

consumption of the thermal energy.

_mV,(V,-V)
Mo = f(c.v) (5)

from equation {3}, {4} & {5} it is seen that:

Me=M, XM, (6)

11



It is clear from equation {6} that in order to produce a higher
overall efficiency it is necessary to maximize both M, and M.

M, is maximized in the ideal cycle by increasing the pressure
ratio and M, is maximized by decreasing the jet speed. While in the
actual cycle the thermal efficiency is maximised by increasing
both the pressure ratio and the temperature of gases entering the

turbine.

1.3 GAS TURBINE DEVELOPMENT

As stated earlier, the increase of pressure ratio will improve
the thermal efficiency of the gas turbine fig(5). Therefore the
development of a higher pressure ratio engines is apparent.
Practical attempts have been made in designing a single-spool
engine with a higher pressure ratio which lead to more complex
problems. The front stages of the compressor were likely to stall
at low speed, and likewise, at high speed stall occurred at the rear
stages of the compressor. This problem was overcome by designing
a two-spool engine which can achieve a higher pressure ratio of up
to twenty or even more.

It is important to note that the by-pass engines increase the
propulsive efficiency n,- These design requirements gave birth to a
three-spool engine which is more complex but more compact. These

types of engines are illustrated fig(6).

1.4 POWER PLANTS

The choice of a power plant fig(7) depends on the specification

12



of the aircraft. It will depend not only on the required cruising
speed but also on the desired range of the aircraft and maximum
rate of climb, together with the altitude which is an important
parameter as well, when the thrust and fuel consumption vary with
height. Fig(8) indicates the flight regimes found to be suitable for

the broad categories of power plant installed in the civil aircraft.
1.5 TRANSIENT BEHAVIOUR OF AIRCRAFT GAS TURBINE

Gas Turbines are widely used for the propulsion of aircraft.
These engines have to accelerate from idling speed to maximum
speed, and vice versa, in as short times as possible .lt is very
important to be able to predict engine response and performance
during these transients to ensure that it is operating within the
safety limits of the engine. In these two situations during
transient movements a surge in a compressor or allowing gases at
very high temperature to enter the turbine are to be avoided. Surge
occurs when a compressor is forced to operate at too high pressure
ratio for that value of non-dimensional rotational speed. Thus the
possibility of encountering surge can be eased by matching all
components of the engine (compressor(s), turbine(s) and final
nozzle) such that the steady-running line lies further from the
surge line. In order to design an engine, it is essential that the
engine operates at high pressure ratio in order to achieve good
efficiency and hence good fuel consumption. For optimum engine
performance, transient behaviour has to be used at its highest
understanding.

In the steady state, the fuel flow is fixed at given flight

13



conditions, and that will fix the rotational speed and all other
parameters of the engine. This is due to the power balance
condition between the components fig(9).

However, during acceleration or deceleration this power balance
does not apply any longer. For acceleration, the turbine power must
exceed the compressor power and the turbine entry temperature
rises, and for this the fuel flow rises above the corresponding
equilibrium value fig(10). It follows that for a given flig}ht
condition, the accelerating performance of the engine is a function
of a non-dimensional rotational speed and non-dimensional fuelv
flow which are independent variables. This also applies for
deceleration when the turbine power is now less than the

compressor power.

1.6 PREDICTION OF TRANSIENT PERFORMANCE.

Since early in the history of the development of the Aircraft
engines, research has been carried out on the transient prediction
of the Gas turbines.

Today, a wide range of aircraft engines is in use, and each
particular class or type is designed to meet the customers special
requirements with regard to the size and purpose of the aircraft
and its performance, operating system etc. In general, engines are
very costly and this high development cost led to the need for
accurate information on engine behaviour. Customers demand
guarantees of engine performance and this requires an accurate
prediction of performance, both steady-state and transient.

At the early design stage, simulation techniques using a

mathematical approach are used to permit the investigation of the

14



transient performance.

During the years of research on transient modelling of the Gas
turbine, two methods of gas turbine simulation have been developed
based on component models. These are the Continuity of Mass Elow

(CMF) method and the Inter Component Volumes (ICV) method.
1.6.1 CONTINUITY OF MASS FLOW (CMF) METHOD

In this method it is assumed that at any given time the mass
flow leaving the engine matches the mass flow entering it, some
allowances have been made such as for bleeds and fuel flow. The
starting parameters of the flight conditions and rotational shaft
speeds of the engine have to be known.

The calculation procedure is now outlined for a single-spool
engine.

Based on the starting parameters, the compressor inlet pressure
and temperature are calculated. A guess for the compressor outlet
pressure is made. The compressor mass flow rate and exit
temperature are obtained by gas dynamics calculation.

Energy balance equation is now carried out, using the known fuel
flow rate from which the combustion chamber outlet temperature
is obtained. The outlet pressure is calculated by applying a
pressure loss factor to the inlet pressure. Now the conditions at
the inlet turbine are determined (mass flow rate, inlet pressure,
inlet temperature and shaft speed). The turbine exit temperature
and pressure are found by using the turbine characteristic charts
and some gas dynamics calculations. In the case where the turbine

inlet mass flow rate is larger than the characteristics of the
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turbine, a change of logic in the program is permissible in which
the turbine pressure ratio is guessed first and a calculation of the
turbine inlet non-dimensional mass flow rate is done. The
compressor pressure ratio is then revised until the inlet turbine
mass flow matches the one obtained previously. The value for the
mass flow rate throughout the nozzle is now determined by the
ratio of turbine exit pressure to ambient pressure, the turbine exit
temperature and final nozzle area. If this value is different from
the one at turbine exit obtained previously that means that the
compressor outlet pressure initially guessed was incorrect. The
value of this pressure is now revised and the above calculations are
repeated and continued until the two mass flow rates obtained are
compatible. The work produced or absorbed by each component is
then calculated and the acceleration or deceleration rate is
evaluated for the shaft. It is then assumed that this acceleration
rate applies over the subsequent time interval (Newton's
approximation). The process is repeated for the next time interval.
This gives new shaft speeds which form the starting point for the
next calculation procedure at the end of that time interval. The
process is repeated until the transient has been completed.

For a complex engine a higher number of iterative loops is
required. Further description of the CMF method is given in Ref(1).
Difficulties were faced in achieving convergence Ref(2) when
simulating more complex engine. However, this method has an
advantage in the computing time which is significantly less than
the other method, the "Inter-Component Volume" method. The
weakness of the CMF method is that no allowance is made for the

accumulation of air, or gas, mass during the transient within the
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components and ducts of the engine.

1.6.2 INTERCOMPONENT VOLUMES (ICV) METHOD

In this method, allowance is made for the accumulation of mass
within the components and ducts of the engine. Volumes are
introduced between the various components of the engine, and all
flow unbalances are assumed to occur within these volumes. The
size of the intercomponent volume is the volume of the space
between two components plus one half of the volume of each
adjacent component. An initial pressure distribution has to be
specified. This initial ;5?essure distribution will give mass flows
into and out of these intercomponent volumes. Generally, these
mass flows will not match, therefore air/gas mass will
accumulate, or diminish, in which cases the pressure will rise or
fall during the subsequent time interval. This new pressure forms
the starting point for the calculation of the next time step.

The flight conditions and shaft speeds are known, an initial
guess of the pressure within these volumes is given, as accurately
as possible. From the starting parameters, compressor inlet
temperature and pressure are determined. Gas dynamics
calculations, are used to find the compressor mass flow rate and
exit temperature. The same calculation as that in the CMF method
can be used for the combustion chamber. Turbine inlet temperature
and pressure and shaft speed are known. These parameters can be
used to determine the mass flow rate through the turbine and the
exit temperature as well. Both exit parameters of the turbine and
the ambient pressure are used to calculate the mass flow rate

through the final nozzle.
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This method has been used for previous simulations of typical
turbofan engines Ref(1) and Ref(3). This method is used for much of
the transient prediction work reported in this thesis. A more
detailed description of the application of this method is given in

chapter Il

For a particular volume:

_Pv |
Mo=RT - (1)
and
M, = M, + AM x AT (2)
where AM=mm, ,+M,, (3)

so the new pressure :

v (4)

Then, as in the continuity of mass flow method, the energy
balance equation is used to calculate the shaft acceleration. This
new shaft speed is for the next pass through component
calculations at the next time step. The new values of the pressure
and shaft speed are substituted for the original values. This
process is repeated until the two mismatches of the mass flow and
work imbalance are negligible. The computing times are
significantly longer than for the CMF method described previously.
A period prior to the transient is given to overcome the problem of

poor initial guesses of the pressure distribution in the engine.
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1.7 COMPARISON QF PREDICTIONS OF CMFE AND ICV METHOD

For single-spool engine it is reported Ref(1) that both methods
yield very similar results except during the first fractions of a
second of the transient. The difference is due to mass storage in
the engine. This effect is high during the first instants of the
transient but very small afterwards.

In the case of a two-spool turbofan engine with mixed exhausts
Ref(4), the author found that in both accelerations and
decelerations, the speed and thrust responses as predicted by CMF
method are roughly 4 per cent faster than those predicted by the
ICV method. Fans and Intermediate Pressure (IP) Compressor
trajectories are identical. However, in the High Pressure (HP)
Compressor, the trajectory predicted by the ICV method during the
short period of rapid transient moves less from the working line
than does that predicted by the CMF method.

To summarise, the predictions given by the ICV are more
realistic than the CMF method because this procedure includes the
effect of air/gas mass accumulation, which is ignored in the CMF
method. However computing times are significantly longer by a

factor of about 10.

1.8 THE EFFECT OF HEAT TRANSFER IN AERO-ENGINES

In the present work, these methods are initially assumed
adiabatic flow through the components, in order to simplify the
work.

In order to predict accurately the performance during transients,
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it has been found in the last investigation Ref(17) that allowances
for thermal effects must be included in the simulation model
Ref(5). As an example of thermal effects, where a gas turbine is
rapidly accelerated or decelerated, there is a bounded time that
passes after completion of the speed transient before many
components reach their equilibrium temperatures. During that
limited time and during the speed transient, heat transfer ‘takes
place between all the components and the air passing through the
engine resulting in a difference between the performance of the

engine and that predicted from adiabatic assumptions.

1.8.1 HEAT TRANSFER EFFECTS

The thermal effects which are considered to be relevant in

transients are:
a) Heat absorption in fans, compressors and turbines |
b) Heat absorption in combustion chambers

c) Changes in characteristics of compressors due to heat

transfer

d) Changes in efficiencies of compressors and turbines due to tip

clearances effected by heat transfer

e) Changes in seals clearances which are different from the

design stabilised values
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f) Delay in the response of the combustion process.

All these effects alter the performance of the components, and
hence of the engine as a whole. These changes lead to revised
transient trajectories in the compressors and to important changes
in predicted performance. The description of these effects given
here is very brief and simply intended to give a general view of the
investigation. These models have been studied by several

investigators Ref(6,7,8).

1.8.1.1 HEAT ABSORPTION IN FANS, COMPRESSORS AND TURBINES

In adiabatic flow in a fan or compressor, elemental changes in
temperature and pressure are related by the small-stage or

polytropic efficiency, Mg

1
C,dT= dP
ST (1)

This leads to the relation between the index of compression, n,

and the isentropic index, Y:

n-1_ 1 y-1
N "M ¥ (2)

In the case of non-adiabatic flow, the above equations are

modified to:

1
C,dT=(1-f)=—vdT
=00y (3)
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and

m-1_1-f y—1
m Mpe Y (4)

Where f is the ratio of the heat transfer to the air in an element
to the work transfer from the air in that element. Symbol m
represents the index of this non-adiabatic, polytropic compression.
It is assumed that the ratio f is constant along the compressor.

The final equivalent relation for non-adiabatic polytropic
expansion in a turbine is:

m - 1 y-1
T =00 (5)

The ratio, f, can be, numerically, as high as 0.2 in a compressor

and 0.35 in a turbine for a single-spool engine.
1.8.1.2 HEAT ABSORPTION IN COMBUSTION CHAMBER

In a transient, heat transfer occurs between the combustion
chamber flame tube and casing and the air/gas passing through the
chamber, and these can represent a significant fraction of the
changes in fuel flow especially in the early stage. A study for

quantifying this effect is given in Ref(9).
1.8.1.3 CHANGES IN COMPRESSOR CHARACTERISTI

The overall characteristics of a compressor are altered due to
several effects.

For an accelerating engine, initially "cold", heat is transferred
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from the air to the blades and casing. This increases the density of
the air and lowers the axial component of the velocity at a
particular stage of the compressor. This therefore changes the
matching between stages. As a result, the working points of the
stages are altered Ref(10) and Ref(6) and the overall pressure rise
is changed.

In addition, the boundary layers of the flows over the aerofoils
may be altered. As an example, heat transfer from the suction
surface of the blade to the air which occurs during a deceleration
or a hot reacceleration will cause changes in the growth of the
boundary layer, and may lead to earlier separation Ref(11) and
Ref(12).

Finally, a typical movement in the H.P compressor
characteristics at an instant in an acceleration of an initial "cold"
engine is shown in fig(11). It is shown that the constant speed
characteristics is moved to a higher value and the surge pressure
ratio (at a mass flow) is also increased.

Research carried out to quantify these effects Ref(13) has led to

the following expression for change in effective speed :

N=%TT tCmeT, ©)

and for the revised surge pressure ratio, the equation is :

R -1
=t =14+C,f - C, AL
ad— g (7)

For a typical two spool turbofan H.P compressor the values of
coefficients C,, C,, C3 and C, have been predicted Ref(14) to be -
0.1, -0.1, 0.36 and 1.1 respectively.
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1.8.1.4 CHANGES AND EFFECT OF TIP CLEARANCES ON EFFICIENCY

A brief summary is given here on how tip clearances changes
effect efficiency. More complete details are given in the original
Paper Ref(15) and Ref(16).

Tip clearances depend on the growth of discs, blades and casing.
The disc is represented by a massive hub, a thinner diaphragm and
then an outer rim to which the blade is attached. Primarily,
temperatures of both the hub and diaphragm are controlled by the
air drawn from an appropriate stage of the compressor. The rim
temperature follows the influence of the internal air as well as the
external gas flow. Heat transfer equations are used to calculate
disc outer rim expansions assuming that the interfaces were not
allowed to move apart. After comparing this disc outer rim
expansion with the one predicted by a finite element analysis of
the complete disc, it was found that the movements predicted by
the simplified model had to be scaled up by a factor of 1.3 to align
them together. The blade expansions are more easily calculated.
Finally casing expansions were found, the casing temperature being
controlled by the temperature of the internal gas flow and by the
external flows in the by-pass duct.

The predicted movements for the components of a characteristic
stage in the H.P compressor of a two-spool engine turbofan are
given in Ref(17).

The correlation of Lakshminarayana Ref(18) is used to establish
the efficiency losses due to the blade tip clearances, and is given

as :
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0.5
_0.7hy oA ) ]
An=CosB,, [”1 o( 558

(8)

Thus changes in efficiency due to changes in tip clearance can be
found.

Typical results are illustrated in fig(12), the tightening of the
tip clearance of 0.1 mm is estimated to be worth an improvement

of 0.6 per cent in compressor efficiency.
1.8.1.5 SEAL CLEARANCES CHANGES

For this model a two-spool engine is used as basis for
illustrations. For this particular engine, the seals which are
regarded as being important and investigated are an outer seal at
the last stage of the H.P compressor and a seal on the H.P turbine
disc.

The H.P compressor seal is designed just for a small amount of
air escapes to the by-pass duct. The H.P turbine seal controls
approximately a quarter of the cooling flow extracted from the
compressor delivery. This flow is required for cooling the turbine
blades. Both these seals have clearance opening that exceeds their

design values at transients.

1.8.1.6 COMBUSTION DELAY

Saravanamuttoo Ref(22) has concluded that the delay is
noticeable only in engines using vapourising burners. The two-spool
turbofan used as illustration has pressure jet burners. This engine

is therefore not affected by this type of delay.
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CHAPTER II

PREDICTION OF CHARACTERISTICS OF A MULTI-STAGE
AXIAL FLOW COMPRESSOR

2.1 INTRODUCTION

The Tay turbofan engine MK610 shown in fig(13) was designed
around the core of the Spey RB-183-MK555. The wide chord fan and
three stage I.P compressor are driven by a three stage L.P turbine
which uses the latest technology. The cold by-pass air and hot
exhaust are mixed in a forced mixer. The initial production versions
are the Tay 610 and 620. The Tay 610 was qualified at a thrust level
of 12,500 Ib (sea level static) in June 1986.

The Tay MK650 gives a 9 per cent increase in maximum take off
thrust and 15 per cent increase in maximum continuous, climb, and
cruise thrusts achieved by a small increase in fan diameter and an
advanced H.P turbine.

The proposed version of Tay MK670 version is to achieve a thrust
of 17,500lb to re-engine aircraft in the 100-130 seat class, by an
increase in fan diameter and extra stage in the I.P compressor with
matching components.

This Chapter will indicate the two methods that have been
employed to predict the overall characteristics of the proposed 4-
stage |I.P compressor. The first method is a very simple approach in
which it is assumed that the work input in the additional stage

equals the wonk input in each stage of the original 3-stage I.P
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compressor, and that the small-stage, or polytropic, efficiency
remains constant .
In the second method the flow through the compressor, row by

row, has been predicted, using Howell's correlation and rules.

2.2 PREDICTION ON EQUAL WORK INPUT ASSUMPTION

First it is assumed that the work input in each stage of the
original 3-stage compressor is equal at each individual condition
within the overall operating area of the compressor.

It is then assumed that when the fourth stage is added, the work
input in that stage equals the work input of each of the original
stages. The final assumption is that the small-stage, or polytropic,
efficiency of each stage is the same, at any one condition.

On the basis of these assumption, the overall characteristics of
the 4-stage compressor can readily be predicted from the supplied

characteristics of the 3-stage compressor- see Appendix A.

2.3.PREDICTION BY ROW-BY-ROW PROCEDURE

This is a much more detailed approach and takes account of the
alteration of the stage matching at operating conditions, such as how
the ratio of axial velocity to mean blade speed, varies. The method

uses the correlation and rules developed by Howell Ref(19).
2.3.1 HOWELL'S RULES

In general, the complete design process for the compressor will
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encompass the following steps. These steps are as follows:

1) Choice of rotational speed and annulus dimensions.

2) Determination of number of stages, using an assumed efficiency.

3) Calculation of the air angles for each stage at the mean radius.

4) Determination of the variation of the air angles from root to
tip.

5) Investigation of compressibility effects.

6) Selection of compressor blading.

7) Check of efficiency previously assumed using the cascade data.

8) Estimation of off-design performance.

9) Rig testing.

Hdwell’s rules are the resulis of a large number of cascade tests
of the flow in various geometries of compressor blades.

This method involves stage by stage calculation using basic
aerodynamic relationships as defined in appendix B and generalised
design curves are shown in figs(14-26).

Maccallum and Grant Ref(12) have used a developed row by row
method to investigate a multi-stage H.P compressor (12 stage). The
development included allowance for compressible flow within the
blade row passages. The results obtained showed a good agreement
with test results.

This method requires the following data, the absolute air inlet
angle approaching the first row or rotor blades, the blades inlet and
outlet angles for all rows of rotor and stator blades. Other important
geometric values of blade height, blade mean diameter, mean blade
spacing, and mean chord are also needed.

By the use of velocity triangles the flow directions and velocities,
and the work done are determined fig(14).

Refering to fig(15) the form of the blade is defined by its camber
28



angle, 0, position of maximum camber, (a/c), maximum thickness,
A(t/c). Upon the above references the blade form is decided. The ratio
of pitch/chord (s/c) and the angle at which the blade is set must be
known to determine the actual cascade.

By equating the momentum and pressure forces acting
perpendicular to and along the cascade to the corresponding
components of the lift and drag forces, this can prove that the fluid
angles a4 and o, and the mean total head pressure loss w are related

to the lift and drag coefficient by the following equation:

C =2(s/ ¢)(tano, —tana cosa, - C tana,
2
C,=(s/ o) (®@/ (3)pV,)cos’ a,, / cos® o,

where o, is obtained from
tan o,=(1/2)(tan o, + tan o).
2.3.1.1 ESTIMATION OF BLADE ANGLES AND HEIGHTS IN 4-STAGE COMPRESSOR

In this prediction a knowledge of the geometry of each row of
blades is necessary. The geometry of the 3-stage compressor was
known, and is given as mean blade diameters, blade heights and blade
angles, in Table 2.1. However the new geometry of the 4-stage
compressor had not been provided to the writer, except the mean
blade diameters. Thus estimates must be made of the geometry of the

4-stage compressor. First assumption was that the first three stages
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of the new compressor would be the same as the original 3-stage
compressor. The height of the new 4% stage would be reduced
according to an extrapolation. After which it was assumed that the
blade angles of the original 3" stage would be used in the new 4ih
stage, essentially to achieve axial flow at exit from the compressor.
Finally it was assumed that the blade angles of the new 3" stage
would be improved by extrapolation from the angles of the first two
stages. Some rounding of values was done to avoid possible

discontinuities. The resulting values are shown in Table 2.1.

2.3.1.2 DEFINITION OF THE NOMINAL DESIGN POINT

Typical low-speed cascade results are plotted in fig(16). The
incidence iis defined as the difference between the fluid inlet angle
oy and the blade inlet angle B;, and the deflection e is defined by the
difference between the inlet angle of the fluid oy and the outlet angle
of the fluid a,, but for design purpose we operate on the so called
"nominal" deflection e* which is equal to 0.8 of the stalling
deflection €, and the corresponding fluid outlet angle o,*.

In design, it is desirable to use the nominal values, as they are the
key for the axial compressor design and performance. It has been
found that the nominal deflection e* was dependent on three
variables, the fluid outlet angle, the pitch/chord ratio, and the blade
camber in most compressor cascades.

A typical variation of these variables is shown in fig(17). The
corresponding values of the outlet fluid angle a, for various values of
(s/c) are given in fig(18). A study of fig(19) and fig(20) shows that
the figures contain enough information to enable one to calculate the

theoretical corresponding values of lift coefficient C, and pressure
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recovery (AP/ LpV?).
2.3.1.3.0FF DESIGN CONDITION

For performance at other than nominal incidence /*, fig(21) can
be used where the deflection and incidence are plotted as ratios of
their own nominal values and the corresponding drag coefficient has
also been incorporated.

The outlet angle of the fluid a, could vary from 0 to 60 deg, thus,
it is important for a designer to fix this angle accurately. A simple
empirical rule has been derived from theoretical and experimental
results which led to the deviation at a nominal condition, and given

by:

8= mov(s/c)

2 .
_ 2a aa)
where m=0.23 T) +01(ﬁ

and where (a/c) is the position of the maximum camber.
2.3.1.4. CRITICAL MACH NUMBER AND MAXIMUM MACH NUMBER

One other important factor is the critical Mach number M,.. For a
high speed cascade the characteristics are very similar to those for
low speed until the M. is reached after which the losses are greater
with an increase in Mach number until, when the maximum Mach
number M, is reached, there is no pressure rise due to large losses.

Fig(22) shows the relation between M, and M, for a typical cascade
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plotted versus incidence. Fig(23) shows that the maximum Mach
number M, is highly dependent on the throat width/inlet width ratio

for any cascade.
2.3.1.5 DEFINITION OF SURGE LINE

In design performance, the knowledge of the position of the surge
line is essential. One possible approach is to draw the surge line
through the maximum pressure ratio points of the performance map

Ref(20).
2.4 COMPARISON OF THE TWO METHODS

In the present investigation both the equal stage work input and
row-by-row methods have been applied to the 4-stage compressor.

In the row-by-row method, arbitrary factors such as the "work
done" factor fig(24) have to be introduced to make an adjustment
between the prediction and experiment. With these factors, the
predictions of the shapes of the constant speed lines and the position
of the surge line represent a reasonablé agreement with the
experimental results.

Comparing the predictions of the two methods, reasonably good
agreement was obtained Fig(25 and 26).

For this present analysis, the equal stage work input method was
chosen for the prediction of the 4-stage compressor, because it is
easier, quicker and does not require lengthy calculations. This

analysis, and the results, are described in the next ChapterIIL
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CHAPTER III

SCALING OF THE COMPONENTS FOR THE TAY MK670
ENGINE FROM TAY MK610 COMPONENTS

3.1 INTRODUCTION

The definition of the design point for the Tay MK670 engine had
been prepared by Rolls-Royce. The condition was for maximum
Take-Off at sea level, with Mach Number effectively zero. The
conditions on an |.S.A day, are given in Table 3.1.

As indicated earlier, in order to achieve this thrust at these
shaft speeds, Rolls-Royce proposed to use a 4-stage I.P
compressor instead of the 3-stage compressor of the MK610
engine and to use a Fan of 0.6223 m Outer Diameter instead of the
original Fan of Diameter 0.5629 m.

In this chapter, descriptions are given of how the
characteristics of the new Fan and new I.P compressor can be

predicted.

3.2 SCALING FACTORS

The engine performance prediction program to be used
incorporates scaling factors which allow general adjustments.
The definitions of these scaling factors are given in Table 3.2.

Both Tables 3.3 and 3.4 display the values of these factors.
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Although the relationship between compressor delivery
pressure P, and intake pressure Py, and intake temperature T, and
the shaft speed N is very complex, a simple relationship is found
to emerge for all externally applied conditions.

The non-dimensional pressure ratio term P,/P, is related to

T ‘
corrected speed ‘/'\1_ and normalized mass flow m’\P/_‘ This
T, 1

relationship can be demonstrated by dimensional analysis

Ref(Maccallum lecture notes).

3.3 FAN

For the MK670 engine the fan tip diameter is increased from
0.5629 m to 0.6223 m i.e an increase of 10 per cent.

The fan hub diameter is scaled accordingly. Thus the flow area
is increased and also the mean blade diameter has increased.
Considering the effect of the latter, use must be made of the true

non-dimensional speed group ND
1/RT

in

Consequently for equivalent performance points:

w7

CHICS
or
N _ N y Deqo
Tin Tin DG?O
BNG CHCS (1)
ie
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(L (N _ % 0.905

ENG (670 ) "/ ores (610)

The characteristics for the fan of medium and high by-pass
ratio Turbofan engines differ markedly from blade hub to blade
tip. One method of making allowance for this is to have separate
characteristics for the inner and outer sections of the fan, where
the inner fan compresses the core flow air and the outer fan
compresses the by-pass air.

This procedure had been adopted for the original Tay engine
MK610 and it has been continued in the present work for the
MK670 engine.

Thus the multiplying factor of 0.905 should be applied to both

sets of (N/ V/T) characteristics values for the MK610 engine to

give the corresponding (N/ v/ T) values for the MK670 engine. So
C23=0.905 and C44=0.905 for the Inner and Outer Fans

respectively (see Table 3.3).

3.3.1 INNER FAN

At take-off, from Table 1, the non-dimensional speed

( ’i) at

BENG

the design point=408.4 and from the relationship above:
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(IH —@s

n

Thus the non-dimensional speed of the characteristics is found
to be 451.3.

The corresponding value of the pressure ratio at 1/N_= 451.3
T

n

is read from the characteristics block of the reference engine

and found to be:

(—2“) =1.5535

P

but (-pﬁ] =1.66

) |
BNG

from which the value of C21 is found :

(-]

ens aHcs (2)

ie C21=1.1924.

(Note: the coefficient is applied to the pressure rise
component ie(pressure ratio-1.0)).

By interpolating, the Alpha value( distance between two non-
dimensional speed lines) is calculated and found to be 6.55 ie the
equivalent design point value is located between the sixth and
the seventh speed line at 0.55 from the sixth speed line.

Similarly, the non-dimensional mass 